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NASA’s Evolutionary Xenon Thruster (NEXT) is a nextgeneration high-power ion
propulsion system under development by NASA as a paof the In-Space Propulsion
Technology Program. NEXT is designed for use on hmtic exploration missions of the solar
system using solar electric power. Potential missiodestinations that could benefit from a
NEXT Solar Electric Propulsion (SEP) system includenner planets, small bodies, and outer
planets and their moons. This range of robotic expkation missions generally calls for ion
propulsion systems with deep throttling capabilityand system input power ranging from 0.6
to 25 kW, as referenced to solar array output at 1Astronomical Unit (AU). Thermal
development testing of the NEXT prototype model 1RM1) was conducted at JPL to assist in
developing and validating a thruster thermal modeland assessing the thermal design
margins. NEXT PM1 performance prior to, during and subsequent to thermal testing are
presented. Test results are compared to the predietl hot and cold environments expected
missions and the functionality of the thruster forthese missions is discussed.

Nomenclature

Jo = beam current (A)

Jd = discharge current (A)

Jacut = discharge cut back current (A)

N = discharge cathode heater current (A)
Jon = neutralizer cathode heater current (A)
Jnk = neutralizer keeper current (A)

m, = cathode flow rate (sccm)

m, = main flow rate (sccm)

m, = neutralizer flow rate (sccm)

Va, = accelerator grid voltage (V)

Vips = beam power supply voltage (V)

I. Introduction

NASA’s Evolutionary Xenon Thruster (NEX¥J is a next-generation high-power ion propulsiortesysunder
development by NASA. The propulsion system effartlides thrustér power processing unjtpropellant
management systérgimbal, and some digital control interface drievelopment. The NEXT program is led by
GRC and supported by JPL, Aerojet and L-3 Commtioits. Electron Technologies, Inc., with participatiby
Applied Physics Laboratory, University of Michigamd Colorado State University, as a part of th&pace
Propulsion Technology Program. NEXT is designeduse on robotic exploration missions of the solmtesn
using solar electric power. Potential mission dedions that could benefit from a NEXT Solar Eleciropulsion
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(SEP) system include inner planets, small bodiag, @uter planets and their mo8ns This range of robotic
exploration missions generally calls for ion pragoh systems with deep throttling capability andtesn input
power ranging from 0.6 to 25 kW, as referencedotarsarray output at 1 Astronomical Unit (AU). TNEXT ion
engine is the latest generation ion thruster; & i&kW, 36-cm-beam-diameter thruster with sigaificheritage to
the 2.3-kW, 30-cm-beam-diameter NSTAR ion thrushet successfully flew on the Deep Space 1 misSién
addition, NSTAR ion thrusters are scheduled fontiuon the DAWN spacecraft scheduled for launcRO@ 7,

The NEXT thermal development test was conductegiddn developing and validating a thermal métiér
the thruster. The thermal model consists of a pdasmodel which is used to estimate the heat fluxhtaster
components as a function of the thruster opergtoigt. The estimated heat flux due to the plasnthexternal heat
fluxes obtained from mission analysis are inpua tNEXT thermal model produced using a commerciéiivsoe
package. The model built with the commercial sofewes used to predict thruster component temperatusing
thruster thermal conductivity and surface opticalperties. The NEXT ion engine thermal model was etated
with the data from the thermal development test anedicts temperatures within 10 °C for most theust
components.

During the thermal development test data were dstbto document key thruster temperatures as didanaf
thruster operating conditions and thermal enviramménformation obtained from this test was als@digo
determine the reference temperature location astdtaditions for subsequent thermal vacuum testing

A.Test Objectives

The NEXT thermal development test had two majoedidjes. One was to document key thruster tempestu
as a function of thruster operating condition ametral environments that would be encountered duitypical
mission. These data were used to develop and talide NEXT thermal model. The second objective wwaselect
the reference temperature location.

The first objective required testing the thrusteselected points spanning the thruster throttigeaunder cold,
ambient and hot environmental conditions. Testiag &lso required to ascertain thruster and thraesi@ponent
temperature margins under worst case thermal lo@delstified from mission analysis. In addition testito
determine the external heat load required to feath a thruster component temperature limit was etk In order
to provide additional data for model validatione ttihruster was heated using the cathode and rieetrhleaters
under cold conditions.

The second objective included selection of thedfemureference temperature location for flight gnolnd test
use. The thermal development test was also usel@éteymine the appropriate test conditions for thiessquent
thermal vacuum test (TVT); this included cold stakperatures and heat flux required for hot testing

B.Temperature Limits

Temperature limits for critical thruster componentsre specified for the magnets, propellant isojatare
harnesses and also at the candidate temperatarerre¢ locations—thruster gimbal pads—used duhiadttermal
development test. The do-not-exceed low temperdimi¢ for the thruster was set at -230; however, the
propellant lines and propellant isolators were meglito be above -12€C during thruster starts. The do-not-exceed
upper temperature limit was 386G for the magnets, 26% for the propellant isolators and was 2@Dfor the
internal thruster wire harness. The external wambss was originally limited to 153C due to the material rating
of the harness jacketing material; the limit walsssguently increased to 200 to allow environmental testifrgat
higher temperatures after it was determined thataimn at temperatures up to 2@D—for the duration of the
thermal development test and environmental testiwgutd not damage the harness.

C.Thruster Operating Points
Testing was conducted using laboratory power segplhe thruster operating points used duringttieemal
development test are listed in Table 1. Nine ofpeyatonditions were run during the functional ahdrimal testing.
The table lists the control settings for these afieg points, as well as those for cathode ignition
Seven parameters are controlled during normal tiarugperation. The propellant flow rates to thecligsge

chamber (n_ ), cathode (n.), and neutralizerrf,, ) are controlled. lon optics parameters—beam cud), beam

power supply voltage (Vbps), and accelerator gottage (Va)—are set to maintain the fraction ofpgaitant
accelerated to high speed, to provide the desiiedtik energy to the beam ions, and to preventtreiec
backstreaming. The neutralizer keeper current (in&gt to maintain efficient neutralizer operatand to prevent
the neutralizer from extinguishing during recycles.
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Two other parameters are controlled during thrustarts. The discharge cathode (Jdh) and neutrdizater
current (Jnh) are maintained at the specified séttfgo heat the cathodes to thermionic emissionp&ratures.
Once cathode or neutralizer ignition has occurtegel heater current to that component is turned off.

In addition to the control parameters two otherapaeters—discharge current (Jd) and discharge ak ba
current (Jdcut)—are also listed in Table 1. Durirgymal thruster operation, the discharge currentaiged to
provide the desired beam current. Nominal dischaugeents are listed in the table to provide awrable set point
during thruster starts prior to applying high vgkafor beam extraction. The discharge current eekhbs used
during recycles, where the discharge current isbewk to a low value to avoid over-current condisiavhile the
high voltage is being ramped up. Because eachedfhirmal development test points has a unique icatibn of
beam current (Jb) and beam power supply voltag@g)/these variables are used to identify the ojmgyattoint
throughout this paper.

Table 1. NEXT PM1 Throttle Table.

Control Ignition | Discharge| TDT | TDT | TDT | TDT | TDT | TDT | TDT | TDT
Parameter Only 1 2 3 4 5 6 7 8

Jnh (A) 8.5 - - - - - - - - -

Jnk (A) 3.0 3.0 3.0 3.0 3.0 3.0 3.4 3.0 3.0 3/0

Jdh (A) 8.5 - - - - - - - - -

Jd (A) 9.0 9.0 80 | 9.5 8.8 8.4 | 147 | 13.9 | 20.6 | 18.9
Jdcut (A) - - 8.4 8.4 8.4 8.4 8.4 8.4 8.4 8.4

Jb (A) - - 1.00 1.20 1.20 1.2( 200 200 352 3p2
Vbps (V) - - 275 679 1179 1800 1179 1800 1179 1800

Va (V) - - -500 | -115| -200| -210  -20( -210 -200 -210
. (sccm) 14.23 14.23 12.32 14.28 14.23 1423 25{79 25.79 6449.49.64
, (sccm) 3.57 3.57 3.52| 3.57| 3.57 35y 3.87 387 4B7 4{87
. (sccm) 6.00 6.00 3.00f 3.00] 3.0d 3.00 250 250 4p1 4|01

®Nominal Value; discharge current is adjusted tomadm a constant beam current.

Il. Test Hardware and Facilities

A.Thruster

The thruster used in the thermal development test tive first 36-cm-beam-diameter prototype mod#1(P
thruster fabricated by Aerofefor GRC under the NEXT project. The thruster ipatae of operation over a wide
power envelope, from beam currents and voltagdsOA, 275 V at the low end to 3.52 A and 1800 \thet high
end of the throttle range. The PM1 thruster wagptence tested at GErior to shipping to JPL for thermal and
environmental testing.

The NEXT PML1 thruster used for the thermal develeptitest was instrumented with 34 thermocouples Th
thermocouple locations were chosen based on pralimthermal modeling and to obtain data for meddéidation.
Twenty thermocouples were attached to high volameponents; seven were on magnet retainer rings,viere
spot welded to the outside of the discharge chantiinere were on the ion optics, two were attacbdtle¢ discharge
cathode assembly, three were on wire harnessesoaadwas attached to a propellant isolator. Fourteen
thermocouples were attached to low voltage surfdoes were located at various locations on thespla screen,
three were mounted on the front mask, two wereegolaan the neutralizer assembly, one was on thealieet
harness and one was spot welded to each of thedhrbal pads. These thermocouples were instatigelMl prior
to shipping to JPL. A schematic showing the locagiof thermocouples used on PM1 during the thermal
development test is provided in Figure 1. Thermpt®azimuthal locations may vary from that showrrigure 1;
the azimuthal angle is specified when viewing thar iplasma screen with the neutralizer located® at’dock. In
addition to the thruster thermocouples, thermocssiplere also mounted on the gimbal flexures thatfaced
between the PM1 gimbal pads and the thruster stippracture during the thermal development test.

B.Data Acquisition and Power Supply Control System
The thermal development test was performed usibgrédory power supplies. These power supplies were
controlled by data acquisition and control softwafbe data acquisition system uses modules to tmater
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currents, voltages, flow rates and temperatureasiitfapressure and temperatures are also measiiteal.flow
meters, voltage dividers and current shunts usechéasure thruster data were calibrated prior tothieemal
development test. The data acquisition softwarerdscthruster and facility data at a user specifegd. Typically
data was recorded once a minute; however, duringtéer starts or when thruster parameters wergharied the
rate was often changed to once every ten secom@ssdfitware used to record data was also usechtootthruster
power supplies and flow rates. The thruster operedald input the desired power supply and floverset points.
Once the set points were entered the software riredappropriate adjustments to control the thrusparating
parameters at the specified conditions.

C.Thruster Test Facility
The thermal development test was conducted in déltie phamber facility at the Jet Propulsion LabonatThe
3 m diameter by 8.6 m long vacuum chamber had ®eacyropumps for this test. With the vacuum chambe
configuration used for the thermal development testeffective pumping speed was as high as 160/6000
minimize facility backsputter rates the interior thie vacuum facility is lined with graphite paneBBiagnostic
equipment—EXxB probe and Faraday probes—were irdtallthe vacuum chamber.

Neutralizer Mour

a—Neutralizer Keepe
Thruster Harness E: \ Downstream Harne

Upstream Harne Accelerator Grid Suppc

Screen Grid Suppc

Cathode Sputter Shie Mask Middle

Cathode Tuk Mask Near Optic

Rear Fasma Scree Stiffening Ring

Plasm:i Screel -
Mask/Cylindrical

Cathode Harness Mot Interface

Cylindrical

Gimbal Pas
Cutouts

Propellant Isolatc

Plasmi Screel -
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Figure 1. NEXT PM1 Thermocouple Locations.

NEXT PM1 was installed in a 1.2 m diameter by 1.0lang thermal shroud as shown in Figure 2. The
downstream end of the thermal shroud was locatedn6from the downstream end of the vacuum facilltye
thruster was mounted inside the shroud with theralkzer keeper orifice plate located 5.7 cm frdma tlownstream
end of the shroud.

The shroud could be actively cooled with liquidrogien and also had eight heat lamps installed engito
provide external heat flux to the thruster. Thetth@aps were installed parallel to the thrustesaXhe lamps were
spaced 45 degrees apart azimuthally and alignediyagiong the length of the thruster with one efidhe lamp
even with the front mask of PM1. The heat lamp iml@r was set up to vary the power to the lampsegsired to
maintain a control thermocouple at constant tentpezaset point.

In order to measure the heat flux to the thrusteat flux coupons were developed for this test. Aidat flux
coupons consisted of painted aluminum sheet mes#dlled in a multi-layer insulation box with a lerh aperture
to allow external radiation to impinge on the aloom. Due to variations in the dimensions and uaceiées in the
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optical properties of the surfaces, the heat flowpons were calibrated using a radiometer as alatdn The
calibration relates the incoming heat flux to thex@num coupon temperature. Two heat flux coupoesewised to
monitor the thermal radiation to the thruster arttlial coupon temperature was used to control et lamps. In
this configuration the control parameter for hotismnmental testing was effectively the flux to taregine from the
environment, rather than the thruster referencatioc temperature. The top heat flux coupon waatézt 0.04 m
above the neutralizer housing and 0.1 m behindntiwgralizer keeper orifice plate. The bottom reaathflux

coupon was located 0.05 m below the thruster aPdi . behind the front mask. The bottom front hia¢ €oupon,

used to control the heat lamps, was placed 0.08lowhe thruster and 0.12 m behind the front méklk. top heat
flux sensor is shown in Figure 3 and the bottont Hea sensors are shown in Figure 4.

Figure 2. NEXT PM1 Installed Inside Thermal Shroud.

The shroud was equipped with a door made of majed insulation. This door was opened during tlerust
operation; however, it could be closed to minintizermal interaction with the vacuum facility duriogld soak or
hot soak when the thruster was not operating.

The shroud was equipped with 14 thermocouples tsadonitor the thermal environment surrounding the
thruster. Ten thermocouples were mounted at vaaaied and azimuthal locations on the interior rglical wall
and two thermocouples were attached to the badkofvetie shroud. One thermocouple was attachedddhruster
support structure and one was attached to thegulsed to provide LN2 to cool the shroud. In additio the
shroud thermocouples other facility temperaturesrewenonitored during the thermal development test.
Thermocouples were located behind the graphite lhéhe downstream end of the vacuum chamber dsawe
additional thermocouples on the side wall, on tkB robe structure and on the cryopumps.

Double-to-single ion current ratios could be meaduby an ExB probe mounted in the chamber 5.1 m
downstream of the thruster. The ExB probe was atigso that the probe collimator accepted beam frams a
0.1 m diameter region at the center of the thruster

Beam current density profiles could be measuretvbyFaraday probes. The Faraday probes were iedtail a
stage that allowed them to translate through thesther plume at axial distances between 0.045 m(Gah8l m
downstream of the thruster. The probes were mouhiedm apart and aligned so that they sweep thrtug same
plane when they collect ions. Both probes colledted current on a circular button which was surcech by a
guard ring.
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Figure 5. NEXT PM1 in Shroud with Heat Lamps Operatng.

Figure 5 is a photograph taken through a sideipdhte vacuum chamber. Seen in the photograph }TNEM1
operating in the shroud with heat lamp power applfdso visible between the window and the thruaterthe two
Faraday probes.

lll.  Functional Testing

A performance verification test was conducted ptoomitiating the functional testing. This testsvaerformed
to verify that the thruster operated properly atethrottle range after shipping to JPL. The theusvas operated at
four points; discharge only, 1.20 A 679 V, 2.00 /9 V and 3.52 A 1800 V. The thruster operated naity at all
points.

Once verification testing was completed, pre-TDrcdfional testing was performed to obtain steadiestagine
performance, characterize the neutralizer, measlectron backstreaming limit and perveance mardgtermine
double-to-single ion current ratios and charactetire beam current density profile. This functiotesiting was
repeated subsequent to the thermal development test

A.Functional Test Data

The pre-TDT functional testing was performed atp@rating conditions; 1.20 A 679V, 2.00 A 1179 \dan
3.52 A 1800 V. The post-TDT functional testing wamducted at these three points as well as at diticrdhl
point—3.52 A, 1179 V. The thruster operating poiats designed to maintain a constant thrust andfepienpulse
over the life of the thruster. Thruster degradatigth manifest itself as a decrease in thrusteicedfficy because
more power will be required to provide the demanthedst and specific impulse. Thruster performatiata from
the pre-TDT and post-TDT functional testing is shaw Figures 6, 7 and 8.

The thrust from NEXT PM1 is computed from the meadubeam current and voltage. Also included in the
thrust computation are corrections for double iorent and beam divergence losses. The computadtttata is
shown in Figure 6 as a function of thruster powdére thruster power includes the power from the hedisctharge,
accelerator, and neutralizer power supplies requo®perate the thruster.
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Figure 7. NEXT PM1 Specific Impulse vs Power During-unctional Testing

Specific impulse is defined as the thrust dividgdte propellant weight flow rate at the surfacahsf earth;
this figure of merit gives the equivalent propellaxhaust velocity divide by the acceleration oty at the
surface of the earth. Shown in Figure 7 are theTp® and post-TDT specific impulse determined frone
functional test data. The specific impulse varigshee square root of the beam voltage; for thegower case the
beam power supply voltage is 679 V, for the higlv@ocase it is 1800 V and the middle two casesitli79 V. The
total propellant flow rate includes the propellavitich is ionized and accelerated into the ion besmmwell as
neutral gas that leaks out of the discharge chamniéthe propellant required to operate the nezgralvhich is not
accelerated to high velocity. Because the thrusteelerates a large fraction of the provided ptapeht the 2.00 A
1179 V than at the 3.52 A, 1179 V case, the speieifpulse is higher at the 2.00 A 1179 V operafiomt.
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Thruster efficiency accounts for the effectivenedsthe thruster in converting input power into tster
producing ion beam power as well as the fractioprovided propellant which is accelerated to predtioust.
NEXT PM1 efficiency as a function of thruster powekrring functional testing is shown in Figure 8.e0of the
major drivers affecting thruster efficiency is tlléscharge power required to produce the beam iDwsing
post-TDT functional testing the discharge currenitied to be slightly higher and the discharge geltaas slightly
lower than during pre-TDT functional testing. THigtst differences tended to offset each other tegmin similar
discharge power for the pre-TDT and post-TDT fumwdil tests. As a result the thruster efficiency dad vary
significantly between the two functional tests.

As seen from the data in Figures 6-8 no significaariation in thruster operating parameters waemies
between the pre-TDT and post-TDT functional testindicating that the thruster did not suffer adyexrse effects
from the thermal development test. It is also ndfeat these data are comparable to the acceptastelata
obtained at GRE prior to thermal development testing at JPL.
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Figure 8. NEXT PM1 Efficiency vs Power During Funcional Testing

B.Optics and ExB Data

During functional testing two measurements—perveamargin and electron backstreaming limit—related t
the ion optics system were made. In addition Ex@berdata were obtained to determine the doubl&tgesion
current ratio extracted from the thruster.

The perveance margin is measured by defocusingothé®eam until ions directly impinge on the accater
grid. Defocusing is accomplished by reducing theae grid voltage while holding the beam curremtstant. The
perveance margin is defined as the difference lestvikke screen grid voltage set point and screehwgliage at
which a 0.02 mA increase in accelerator grid curisncaused by a 1 V decrease in screen grid pateithe
perveance margin is determined from a curve fithef accelerator grid current as a function of tbreeen grid
voltage.

Electron backstreaming occurs when the potentighatcenter of accelerator grid apertures is ingafftly
negative to preventing electrons from travelingtrigssn into the discharge chamber. Both electroageling
upstream into the discharge chamber and posithve tiaveling downstream are measured as positiverdyiwhen
electron backstreaming occurs the indicated beanemuincreases. During the electron backstreartéaty beam
control was disabled and the discharge current mamtained at a constant value. Initially the beeumrent
decreases slightly because the electric field batwibe grids decreases as the accelerator gridgeoihcreases.
However, when the accelerator grid potential insesao the point that electron backstreaming babm#dicated
beam current begins to increase. The electron baeksing limit is determined by raising the accafer grid
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voltage until the indicated beam current increased mA above the lowest beam current measureagluhie
process.

The double-to-single ion current ratio is measwrgidg the ExB probe with the collimator viewing ttenter of
the NEXT PM1 optics. The measured ratio is cortkdte charge exchange losSewhile the beam traverses the
distance between the thruster and the probe. Tassdene by assuming the pressure was constanghouauthe
vacuum chamber and integrating the loss of doumtesingle ions, due to charge-exchange with neytoader the
distance between the thruster and the probe.

Perveance margin, electron backstreaming limit Bx# probe data for the pre-TDT and post-TDT funcio
testing is tabulated in Table 2. The variation lve tpre-TDT and post-TDT perveance margin and eectr
backstreaming limit are within typical experimensahatter. This indicates that no significant changgethe ion
optics occurred during the thermal development fHsé ExB data do not vary between the two funeétidasts.
These data are also comparable to those obtaimgdydicceptance testing at GRC.

Table 2. NEXT Functional Test Flow PerveanceMargin, Electron
Backstreaming Limit and ExB probe Data

Functional Test Case Perveance Electron Double to Single
Margin Backstreaming lon Current
(V) Limit Ratio*
V)
Pre-TDT Cases:
1.2A 679V 227 -49
20A, 1179V 720 -103 0.07
3.52 A, 1800 V 1150 -167 0.05
Post-TDT Cases:
1.2A 679V 222 -47 0.07
20A, 1179V 686 -99 0.07
3.52 A, 1800 V 1156 -161 0.05
3.52 A, 1179V 532 0.07

*Double to single ion current ratio measure at eenf optics

C.Neutralizer Characterization

Neutralizer characterization is a diagnostic penfed to determine the susceptibility of the neutsalifor
transitioning from spot to plume mode. Plume madeharacterized by large voltage oscillations witah cause
rapid erosion and deterioration of the neutralizer.

Neutralizer characterization is performed by desirenthe neutralizer flow rate until the neutralis@nsitions
from spot to plume mode. Plume mode is charactkrimeelectrical oscillations in the neutralizer jee circuit.
Plume mode is defined as reaching or exceedingpbak-to-peak oscillations measured between nezgrateeper
and neutralizer common. The neutralizer charaet®oz was performed by lowering the flow rate tonaimum
value or until the 5V peak-to-peak oscillationgweed. During these tests the discharge was adpgrat 9 A
current and the high voltage was turned off. Toidypicking up spurious noise, the peak-to-peakliedgicins were
measured across the neutralizer keeper power sapginot on the sense lines returning from thestbru

During both the pre-TDT and post-TDT functionaltiteg the neutralizer did not reach the 5V peak¢ak
criteria because the minimum flow rate was readiretl During the pre-TDT characterization the minim flow
rate was 2.5 sccm where the oscillations reach2¥ fgeak-to-peak. In the post-TDT functional therimum flow
rate was 2.9 sccm where the oscillations were 33éak-to-peak.

The transition to plume mode occurred at 3.3 scaming the acceptance testing at GRC. The difference
between the TDT and acceptance test results magiubeto higher background pressure in the JPL fgcili
(approximately 3.5 times higher) which may factiétdridging the neutralizer plume with the ion beanother
possible difference is the point in the circuiintich the oscillations were measured between tloefawilities. The
minor difference between the two tests is not dekbtode indicative of a neutralizer problem.
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D.Beam Current Profiles
Beam current density profiles were obtained with Haraday probes. A typical plot of the Faradayerdata
comparing pre-TDT and post-TDT testing is showrrigure 9. These traces were obtained with the grdde cm
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downstream of the accelerator grid. The variatiothe data between the two tests is comparablectdifferences
seen at other probe locations and thruster opgratnditions. Integration of the Faraday probeédsatypically
yielded currents slightly higher than the beam entrr The discrepancy may be due uncertainty imesing the
probe ion collection area and in with integratidntiee current density at large radial distancemfithhe beam
centerline.

Faraday probe sweeps were obtained at axial destafnom the optics ranging from 4.5 cm to 0.53 reai®
divergence estimates were obtained from these dat.radius that contained 0.95 of the beam wasrméted
from the integration of the beam current. Using tfaidius and the active grid radius of 0.18 m aswbanting for
the grid dishing the beam divergence angle was oteadp Typical divergence data obtained during th&t-p DT
functional testing is shown in Figure 10.

IV. Thermal Testing

Thermal testing was conducted at cold (liquid & cooling the shroud), ambient (no active exteneating
or cooling) and hot (heat lamps radiating to theusind shroud) conditions. These tests encompaissa@nge of
thermal conditions expected during the deep spesigil reference missions investigated under the NgXgram.
During these tests the thruster was operated &t paiot until steady-state temperatures were rehcher this
testing steady-state was defined as a rate of t@type change less than 4 °C per hour.

A specific spacecraft configuration for mounting XWE has not been identified yet; therefore, the loarg
conditions for the NEXT thermal model can only Ippximated. In spaceflight the heat flux from sum would
heat one side, or the optics end, of the thrustelevthe remaining surfaces might radiate towaredpdspace or
other spacecraft surfaces. The experimental satsed during testing is different from that expectedspace
because the heat lamps were evenly spaced aroancylindrical portion of the thruster. As a restile entire
cylindrical section was heated instead of just side.

A preliminary analysis with a sample spacecraftrited model estimated the maximum solar heat fluMEXT
during potential missions. This estimate was basedhe maximum solar flux found in a deep spacegdes
reference mission (DSDRM) analysis performed byofest. This
maximum solar heat flux, 1400 W/moccurs with the thrustef
operating at 0.85 AU at a sun angle of 38 degndestiplying the
heat flux by the projected area of the thrusteniihated by the sun
the total solar power radiated to NEXT was estiihdtebe 450 W.
During hot testing radiated heat loads between &% 1000 W
were applied to the thruster. The 650 W case iredutie 450 W
flux determined from mission analysis plus 200 Wnested to be
supplied from the spacecraft interface. The 1000é&st was
performed to determine the external heat flux neglito reach the
do-not-exceed temperature limit a thruster compbnen

During the thermal development test data was obthiat a
variety of thruster operating conditions and thdreravironments
as listed in Table 3. Four cases, denoted as @dds¢ were run
with the shroud actively cooled with LN2. Eight aerit cases were
tested; in these tests there was no active coofrdhe thermal
environment. Four hot cases were run at two heatdbupon set
points. The 100 °C set point corresponds to the\@5eat flux

Table 3. NEXT PM1 Throttle Table.
Cold Cases:
Neutralizer Heater (7.2 A, 8.7 V)
Cathode Heater (7.2 A, 13.7 V)
3.52 A, 1179V (TDT 7)
3.52 A, 1800 V (TDT 8)
Ambient Cases:
Discharge Only
1.00A, 275V (TDT 1)
1.20A,679V (TDT 2)
1.20 A, 1179V (TDT 3)
1.20 A, 1800 V (TDT 4)
2.00 A, 1179V (TDT 5)
3.52 A, 1179V (TDT 7)
3.52 A, 1800 V (TDT 8)
Hot Cases:
Thruster Off (100 °C Set Poing

~

case and the 145 °C set point is the 1000 W heatdhse. The
3.52 A, 1179V and 3.52 A, 1800 V operating ponese tested
under cold, ambient and hot conditions. Severakrottperating

3.52 A, 1179 V (100 °C Set Poin
3.52 A, 1179 V (145 °C Set Poin
3.52 A, 1800 V (100 °C Set Poin

— —

points were tested at ambient conditions.

A.Heat Flux Estimation

The radiated heat flux to the thruster is estimdmgdising the calibration and the temperature effthat flux
coupons at steady-state thermal conditions. The @irthe cylindrical portion of the thruster is 8187, the area of
the conical section is 0.23%mand the area of the optics and front mask is 021At steady-state the coupon and
shroud temperatures are comparable in the regitintia@ heat lamps which surround the cylindricatipa of the
thruster, suggesting that the shroud temperaturel ¢ used along with the heat flux sensor cdiitmao estimate
the heat flux to the thruster. The temperaturdatback of the shroud, which interacts with theicansection of
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the thruster, tend to be lower than the shroud éeatpres surrounding the cylindrical section of theuster;
therefore, the heat flux to the thruster is lowetthe conical region than in the cylindrical pantiof the thruster.
The temperature of the chamber interacting withapitecs and front mask varies depending on whezadh beam
is depositing power. For the hot cases with thedter operating the chamber surface temperaturegedafrom
20 °C on the side walls to 100 °C at the centehefdownstream chamber wall. To obtain a consemvastimate
of the heat flux to the thruster the radiation he ptics and front mask was assumed to be bladl bo a
temperature of 25 °C.

The heat flux to the thruster at three operatingd@mns is estimated. The cases are at ambiehttivg thruster
operating at full power, and two hot cases withttirester operating at beam conditions of 3.52 ALV and the
heat lamp set point at 100 °C and 145 °C.

At ambient full power operation (3.52 A, 1800 VEthoupon temperatures were 61 and 63 °C, the Hatleo
shroud was ~56 °C, and the vacuum chamber temperaias 25 °C. Using these temperatures and theonoup
calibration multiplier, the estimated total heatxflto the thruster operating at full power at ambieonditions is
450 W.

For the thruster operating at 3.52 A, 1179 V with heat flux coupons at 100 °C, the back of thewshwas at
about 90 °C and again using a vacuum chamber tetuperof 25 °C, the estimated heat flux to the dteuwas
650 W.

The highest heat flux case during the thermal dgweknt test also was conducted at beam conditioB$» A,
1179 V. For this case the coupon temperatures e’ C, the back of the shroud was at 134 °C arne again
the vacuum chamber temperature of 25 °C is usadthicase the total heat flux to the thrustezssmated to be
1000 W.

B.Temperature Data

A significant contributor to the thermal environménfluencing the thruster is shroud surrounding side and
back of the thruster. Shroud temperature datalfddashroud thermocouples as a function of reat fiex sensor
temperature, at steady-state, is shown in Figurd@hé two coldest cases correspond to the newdradizd cathode
heater cold cases. During these tests the shroordvels closed resulting in the lowest shroud teatpees. Some
radiation from the thruster could reflect from theor and shroud surfaces resulting in coupon teatpess higher
than those of the shroud. The remaining two cokksabelow 0 °C) were with the door open and tmestlr
operating; the heat flux coupon temperatures wigteeh because they could partially view the warererironment
outside the shroud. The data between 0 and 80€@rabient cases where there was no active heaticapbng of
the shroud. The thruster radiates to the shrouditieg in high shroud temperatures at higher treugtower
operating conditions. The data at ~100°C are tt®e\VB5heat flux cases and the data near 150 °C aré@b0 W
heat flux case.

150
4

100 o
50 - 'Y )

0 -
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=100 —

Shroud Temperatures (P(C)

b W
T VW

=150 —

=
e

-200 I I I I I
-150 -100 -50 1] a0 100 150

Bottam Rear Coupon Temperature (°C)

Figure 11. Shroud Temperatures vs Bottom Rear Hedlux Sensor Temperature at Steady-State.
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Figure 12a. Steady-State Front Magnet Ring Temperate During Thermal Development Testing
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Figure 12b. Steady-State Cylindrical Magnet Ring Teperatures During Thermal Development
Testing

It is desirable to determine the thermal margintife magnets used in the thruster because theglegauss if
they are overheated. The magnets used in the NBWT iBn thruster are rated for operation at tempeest below
360 °C where they should not degrade.

The NEXT PM1 thruster magnet temperature data btaduring the thermal development test is shown in
Figures 12a, 12b, 12c, and 12d. The maximum stetadg-magnet temperature measure during therntasigesas
272 °C on the front magnet ring during the maxinheat flux testing; this gives a temperature maogi@8 °C for
the magnets. The electric discharge required tdym®ions in the discharge chamber is the domicamtibutor to
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Figure 12c. Steady-State Conical Magnet Ring Tempatures During Thermal Development Testing
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Figure 12d. Steady-State Cathode Magnet TemperatuseDuring Thermal Development Testing

magnet heating. The discharge power increasesimgtieasing beam current and decreases slightltheaddam
voltage increases. The magnet temperatures inntiiéeat cases at thruster powers below 3000 W averlthan
the magnet temperatures at the higher power lewas with active cooling of the shroud. As expedteridata at
the higher thruster power levels show that the reatemperatures increase as the external heatdlthe thruster
increases.
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The cylindrical magnet thermocouple at 8 o’clocklefd during hot testing. During ambient testing the
temperature data for this magnet is seen to beehigjftan the second cylindrical magnet thermocolgdated at
3 o'clock. It is thought that electron backstreagnithrough the plasma screen above the conical magme
resulted in excess heating in the vicinity of the’@dock thermocouple. During hot testing at 3.521800 V the
thermocouple insulation failed resulting in arcittggthe plasma screen. Testing was interrupted rtwove this
thermocouple and then resumed without a thermoednghis location.
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Figure 13. Steady-State Discharge Chamber Temperates During Thermal Development Testing
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Figure 14. Steady-State Propellant Isolator Tempetares During Thermal Development Testing
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Electrons in the discharge chamber tend to be atelleat the magnetic cusps formed by the magngs.rin
Therefore it is expected that most of the thernoavgy deposited in the anode will occur at the megrihkis could
result in temperature gradients in the dischargemiier. To aid in determining temperature variatidos to
localized heating discharge chamber thermocoupbre wounted between the front and cylindrical megrkghe
discharge chamber thermocouple data is shown ur&ig3; the discharge chamber thermocouples meabkgindy
lower temperatures than the front mask but are eoaige to the cylindrical magnet temperatures. piopellant
isolators are designed to allow propellant to flimam the reference potential supply to the hightagé thruster
without arcing. The NEXT PM propellant isolatorg aated for steady-state operation at temperatyrés 265 °C.

The propellant isolator temperature as a functidimster power and external thermal environmsrshiown in
Figure 14. As seen from the data the isolator hd® & margin at the maximum heat flux operatingditon.
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Figure 15. Steady-State Wire Harness Temperaturesuding Thermal Development Testing

Wire harness temperatures are shown in Figure i&é.wlire harnesses located between the dischargebena
and the plasma screen are rated for operationngpatures up to 260 °C. These thermocouples dedeld
cathode, downstream and upstream in Figure 15. jdtieet material used at the wire harness exit—where
penetrates the plasma screen—is rated for steatlyy-speration at 150 °C. It was determined thatatjpm at
temperatures up to 200 °C would not damage theskarso this higher limit was imposed for testing.eXpected
the exit temperature is the lowest while the hartkermocouple located near the cathode is thediofhe wire
harness exit temperature reached 189 °C durindpitiieest heat flux testing without causing observatdmage.
The highest temperature for the wire harnessesruhdg@lasma screen was 220 °C giving a 40 °C margi

The steady-state ion optics assembly temperatahesyn in Figure 16, follow the same trend as thgmaa
temperatures. The optics thermocouples are locategid supports at the periphery of the grids. $beeen grid
which is in direct contact with the discharge champlasma is the hottest and is comparable to thgnet
temperatures. The stiffening ring attaches to tkeh@rge chamber and supports the grids temperfatis detween
the screen and accelerator grid which is furtherddream and has the lowest temperature.

Gimbal pad temperatures are of interest becausevikeee a candidate and were subsequently choséimeas

reference temperature location for the thrusterséen from the data in Figure 17, the gimbal patbtgatures are
lower but follow the same trend as the other trarusbmponents.
In addition to the gimbal pads the front mask wiae aonsidered as a possible reference temperatagon. Front
mask temperature data is shown in Figure 18. iteresting to note the thermocouple located atlth@’clock
position is hotter than the other thermocouples butralizer is also located at 12 o'clock andatag heating
and heating from the neutralizer plasma contriltatéhe observed higher temperature. Front mask eésstyres
were used as the reference temperature locati@Sdn however, due to uncertainties in the opticapprties it is
difficult to correlate the front mask temperaturedther component temperatures.
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Figure 16. Steady-State lon Optics Temperatures Dimg Thermal Development Testing
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Figure 17. Steady-State Gimbal Temperatures ThermdDevelopment Testing

The neutralizer keeper and discharge cathode &nbpdratures are shown in Figure 19. Both the neagrand
cathode active emission areas must be at thermimmperatures for the thruster to operate. Althotigh
thermocouples were not placed in the active emmssitea, they are relatively close and are at tlybdsi
temperature locations measured during thermal dpuetnt testing. Because electron emission is reduio
operate the thruster the temperature of the cathdokes not vary greatly with the external heat lsévidenced by
the data in Figure 19.

NEXT PM1 thruster performance data obtained ovex #mvironment range tested during the thermal
development test is shown in Figures 20, 21 andB&.thrust produced by the PM1 thruster is shosva function

18
American Institute of Aeronautics and Astronautics



140

2 12 o'clock Heating (145 °C)
— O & o'clock middle Heating (145 °C) ﬁ
g 120 = & B o'clock Heating (145 2C)
O 12 o'clock Heating (100 °C)
é B o'clock middle Heating (100 °C) o O
m 100 A~ & oclock Heating (100 °C)
- 12 o'clock Ambient g
g a0 -0 B o'clock middle Ambient
— &0 B o'clock Ambient o iy
; o g
© B0+ C =
= &
= =
o A0 — 2 12 o'clock Cooling
L O 6 o'clock middle Coaling
& B o'clock Cooling
20 | | | | | |
0 1000 2000 3000 4000 2000 GO00 000
Thruster Poweer (VW)
Figure 18. Steady-State Front Mask Temperatures Dung Thermal Development Testing
5 600
2.
L
= I
m
5 9804 © o o @, O &
=t
=
ﬁ  Meutralizer Keeper {145 °C)
L 500 - O Cathode Tube (145 °C)
E Meutralizer Keeper (100 *C)
=
= Cathode Tube (100 2C) [ -
O & =)
& 450 Il 2 Meutralizer Keeper Ambient
= 0 O Cathode Tube Ambient
g n U O 2 Meutralizer Keeper Coaling
o [0 Cathode Tube Coaling
= 400 | | | | | |
0 1000 2000 3000 4000 S000 G000 000
Thruster Fower (W)

Figure 19. Steady-State Neutralizer/Cathode Tempetares During Thermal Development Testing

19

American Institute of Aeronautics and Astronautics



0.26

024 = O . O
Z 0224
W
=
= 020 o
018 o
O 352A 179V
O 3524 1800
100 120 140 160 180 200

imbal Pad Temperature (°C)

Figure 20. NEXT PM1 Thrust Over the Thermal Range

4400

4200 = L O O
w4000 -
Iy
& 3300 -
E
= 3600 -
L]
ot
G 3400 - o o o o

3200 o 352A 1179V

O 352 A, 1800V
3000 , , , ,
100 120 140 160 180 200

Zimbal Pad Temperature (7C)

Figure 21. NEXT PM1 Specific Impulse Over the Therral Range

20
American Institute of Aeronautics and Astronautics



0.75

[ 0 O
0.70 -
I
S 065 -
4=
Ll
5
£ 080 -
o
=
'_
0559 & 3524 1170V
O 2524 1800 Y
100 120 140 160 180 200

imbal Pad Temperature (°C)

Figure 22. NEXT PM1 Efficiency Over the Thermal Ramge

of gimbal pad temperature in Figure 20. The lovtestperature points correspond to active coolinthefshroud.
The points between 140 and 160 °C are at ambierdittons and the higher temperature points cormedpo the
high heat flux cases due to lamp heating. As seam the data, the thrust remained constant ovetthemal
operating range tested. The specific impulse isvahas a function of gimbal temperature in FigureTie thermal
range is the same as that for the thrust plot.e®s $rom the data the specific impulse remainedteon over the
thermal operating range tested. The thruster effy is shown as a function of gimbal temperatarEBigure 22.
The thermal range is the same as that for thettiplot Again a major driver for the thruster eiiccy is the
discharge power required to produce beam ions.elWwas no significant variation in discharge curra@ntoltage
for either of the two operating points over thegamf thermal conditions tested. As a result tmegter efficiency
did not vary over the thermal operating range tesiEhe thruster performance obtained over the ramige
environmental conditions tested is comparable ® ghrformance observed during the pre-TDT and Ppb&t-
functional testing and the acceptance testing padd at GRC.

C.Post-TDT PMZ1 Inspection

After the completion of the thermal development texl the subsequent functional test the NEXT Pidster
was removed from the vacuum facility and placedairclean room at JPL. The thruster was inspected and
disassembled in the clean room. The remaining theoople wires for the discharge chamber and thenetag
appeared to have gotten hot but no obvious sigascoig were found.

With two minor exceptions the thruster was foundéoin good condition during the post-TDT inspetti®ne
thermocouple punched through the discharge chambsh when the thermocouple was being removed. fiaé s
hole in the discharge chamber wall was repairesiploy welding a tantalum foil patch to the outsitithe discharge
chamber.

The thruster was hypotted during the inspectionttedmpedances between thruster components wengl fio
be nominal with the exception of cathode commoramode. The cathode common to anode impedance had
decreased over the course of testing. After rengoaimd reinstalling the wiring at the back of thectiiarge cathode
assembly, the impedance had increased by a fattiovoo Because the voltage between the anode and cathode
common is less than 30V during normal thrusterrajgen, even the lowest observed impedance results
negligible leakage current and is not a conceresmit continues to decrease during subsequerdtaper

21
American Institute of Aeronautics and Astronautics



V. Recommendations

The major recommendation from the thermal developnest is that the gimbal pads be used as theerefe
temperature location for the thermal vacuum téss dlesirable to have the reference thermocoupidsw voltage
surfaces in order to avoid problems with high vgp#tatand off; therefore, the gimbal pads and thet fmask were
the two candidates for the reference temperatwatitms. Based on thermal development test datarattling
done at GRC the gimbal pads were determined tage@vbetter correlation with critical componentsseksas the
magnets, propellant isolators and wire harnessesa-ttie front mask. Therefore the gimbal pads aremnenended
for the reference temperature location.

Based on the manner in which the cylindrical maghetmocouple failed it was recommended that tasmh
screen be modified to reduce or eliminate electrackstreaming through it. The NEXT project hasaegdl the
plasma screen surrounding the cylindrical portidrthe thruster with a solid shield. In addition tbpen area
fraction has been reduced for the plasma screantloeeonical section of the thruster.

VI. Summary

The NEXT PM1 thruster was operated over a rangth@fmal conditions that bracket those that would be
expected during a typical mission. Thermal condgioanged from liquid nitrogen cooled shroud terapees to
1000 W externally applied heat load. The thrusesfgpmed well during the thermal development t&€ke thruster
performance parameters (thrust, specific impulsd #wuster efficiency) were nominal over the rangfe
environmental conditions the thruster was subjettded

The data obtained during the test was useful féidating the thruster thermal model. The model prsd
temperatures that are within 10 °C of those measul@ing the thermal development test for most dtau
components. Based on the thermal modeling the dip#us were selected as the reference temperatatdn for
the thruster. Data obtained during the highest fieatoperation case demonstrated a thermal mayy88 °C for
the magnets, 72 °C margin for the propellant isoland 40 °C for the wire harness under the plastne@en. The
exterior harness reached 189 °C during operatitimestiigh heat flux case.

Two minor issues were discovered during testinge ©ase resulted in adjusting the temperature fonithe
exit wire harness jacketing from 150 °C to 200 &Cthe thermal development test and subsequentoemvental
testing. Although the jacket material could survogeration at temperatures as high as 200 °Ch#&duration of
the thermal development test and the subsequeiroemental testing, it is not known if it can suifor longer
durations at temperatures over 150 °C. The NEXTeptds investigating this issue. Possible solugiamclude
determining if the jacket material can be reratgddng term operation at temperatures up to 200r°€witching to
another material rated for operation at a highemprature. The second issue led to a design chtanggtigate
electron backstreaming through the plasma screen.
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